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Executive Summary 

 

The PantherSAT team is constantly improving the satellite design in an effort 

to attain as much research as possible within the current budget allotment. As our 

satellite becomes more marketable during the construction phase, we will have 

greater chances of attaining various sponsorships or grants that can increase the 

research potential.  Due to the fact that the project is in preliminary stage, we are 

being mindful of the current budget while planning to be able to easily enhance 

the capabilities of the satellite. Currently, we have attained a power generation 

rate which is higher than our theoretical consumption rate, which will allow our 

satellite to easily incorporate more components from the current selection. 

Another significant attribute to our satellite is that the structural analysis allows 

for our satellite to easily withstand the launch forces.    

The primary constraint in our current design of the satellite system is that the 

communication link allows for a narrow time window to transmit the data.  This is 

due to a direct communication between the satellite and our ground station which 

will be located in FIU campus. However, by having a direct communication, our 

operational costs of the satellite are significantly reduced making it the most 

economical decision in our development.  

For actual development of the satellite, our team has already been locating 

various resources for testing the systems that will be implemented in our satellite.  

These resources include materials testing systems located in the FIU AMERI lab, 

and systems for testing the components in our on-campus Electrical labs. 

In the previous progress report, PantherSAT team had proposed a 1U 

CubeSat. As the project progressed, it gained attention of the students from 

different departments. Currently, the PantherSAT team has collaborations with 

Biomedical, Meteorology and Electrical departments at FIU. The team has got an 

assurance from the Computer science department for collaboration; however, it is 

in process. The headcount in the team has increased as more students and 

professors have involved in the project. With the help of team members from 

different backgrounds, innovative and diverse ideas are being included in the 



design, by which our mission has gone versatile. Henceforth, the satellite design 

is upgraded to a 3U CubeSat. 

One of the major design upgrade is the addition of solar sail system by which 

the altitude of the satellite orbit can be changed by using the solar radiation. We 

have added additional payload sensors that include electrochemical potentiostat, 

infrared camera, and high definition visible light camera. Power analysis is done 

in detail and accurate energy consumption and balance per revolution is 

estimated. Cost and weight analysis has been included in the report, which was 

missing in the previous progress report 

To compensate for the narrow time window for communication, we have 

upgraded our communication subsystem to use advanced protocols such as 

orthogonal frequency division multiplexing (OFDM), to use the available time 

window and the spectrum bandwidth efficiently.  Moreover, we have added 

software defined radio as the transceiver which is the state of the art hardware 

technology. In collaboration with FIU TubeSAT team, we are using an upgraded 

setup of the ground station antenna whose main lobe can be steered to track the 

satellite, and thereby increasing the communication time window significantly. 

Other necessary calculations such as antennas’ radiation pattern analysis, link 

budget calculations, and theoretical and practical data rate calculations are 

performed.  

Structural analysis of the designed 3U CubeSat is performed. Thermal 

analysis over the multi layer insulation is performed. New concept of sharing the 

data received by the ground station securely with the cell phones is explored and 

is planned to be implemented. The team is also looking for other funding 

opportunities, and currently has got attention from NHC and UGS FIU. As per the 

planning mentioned in this report, power system analysis over one revolution of 

satellite is completed along with the final optimized components. 
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PantherSAT Mission 

 

The PantherSAT is 3U CubeSat and has designed for several missions. Primary mission 

of PantherSAT is to demonstrate the solar sailing capability of CubeSat designed by students 

and perform space research in Low Earth Orbit. Using the solar radiation available in the 

space and ADCS (Attitude Determination and Control System), PantherSAT will be able to 

change the orbit height and also be able to slide in the orbit at same height. The sailing 

capabilities of the PantherSAT are designed for the orbit height from 800 to 1000 km in LEO 

region. For the demonstration of the sailing system, sun-synchronous polar orbit is chosen, 

which ensures the availability of the solar radiation as required for the sailing. After 

completing all designed mission, PantherSAT can also be pushed in to the HEO region to test 

the survival and functioning of the small satellites. At the end of the life, PantherSAT can be 

pushed back in the atmosphere closer to earth to die and help in reducing the space debris, 

which is of vital concern worldwide.  

One of the secondary missions of the PantherSAT is to detect the land and water 

temperatures, which will aid in generating temperature profile of the entire planet. 

PantherSAT will be monitoring the cloud temperature to better understand the cloud 

formation. PantherSAT will also be detecting the hurricanes and aid in categorizing the 

different classes of hurricanes.  

Apart from these weather-monitoring missions, PantherSAT will also observe the 

phenomenon occurring at the Earth’s surface. One of which is observing the water intrusion 

in to the land over a period of time. This observation will help in understanding the rising sea 

levels and the loss of landmass. It will also be able to detect the fire hazards, which can affect 

not only local populations but also wild life and landmasses, which are not normally 

inhabited such as large forestlands.    

PantherSAT will also test the growth of the Yeast in LEO region. With PantherSAT’s 

sailing capability, the bacterial growth rate we will be observed at varying heights. This 

mission will detect the effect of the space’s environmental conditions on bacterial growth at 

different heights so as to determine whether or not strains of bacteria are increasing.   
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Systems Engineering 

A. SOLAR SAIL SYSTEM (SSS) 

A solar sail is essentially a sail but unlike conventional sails that are used for boats. 

The sail used on boats comprised of thick canvas material which essentially harnesses the 

force of the wind against the sail causing the sail to be pushed along with the boat resulting in 

momentum. A solar sail on the other hand is made of an extremely light material with some 

form of reflective surface and uses radiation pressure from stars as means of propulsion. [1]  

 

Theory 

 This radiation pressure can be described as the reflection and slight absorption of 

particles called photons. [1] Let us consider these photons are moving at a certain velocity 

towards the sail once the photons collide with the solar sail the photon will impart some of its 

kinetic energy to the sail and deflect away from the sail whereas the solar sail will move in 

the direction that the vector of the photons before colliding was pointing towards.  

 

 
Figure 1 - Force on a sail results from reflecting the photon flux [2] 

 This solar radiation pressure is calculated based on the amount of power of 

electromagnetic radiation per unit area is incident on a surface. This means that depending on 

the angle that the solar radiation is initially moving towards the solar sail, the sail will 

experience a certain amount of radiation pressure. [1] The force that the solar sail will 

experience due to the solar radiation pressure can be calculated as: 

 

F =   F!cos!α  (ideal  Sail) 



F! =   2PA 

where, 

F = Force on the sail 

F0 = Force of the solar radiation pressure per square meter of sail  

2P = Solar Radiation Pressure at 1AU= 9.073µN/m^2 

A = Area 

α = Angle of the net force to the perpendicular force 

 

 These calculations pertain to an ideal solar sail meaning little to no imperfections and 

assuming 100% reflection. From this it is then possible to calculate the acceleration of the 

satellite, which is based on the area of the sale to mass ratio. 

 

𝑎 =
𝐹
𝑚 

a = acceleration 

m = mass of the satellite 

 

 It should be noted that these equations are taking into account that it within a 1 AU 

distance meaning that as long as the satellite does not cross a significant threshold which will 

cause a significant change greater than 1 AU.  

 

Criteria 

 

Satellite 

• 3U Satellite: 30 cm x 10 cm x 10 cm 

• Weight < 4 kg 

• House all electronics and support systems, Solar Sail, and Solar Sail Deployment 

system 

 

Solar Sail 

• Area of the Sail: 9.6 m^2 



• Material: polyimide resin (Kapton) 

• Sail Shape: Square 

• Implementation of a support structure 

• Designed to travel around earth orbit and provide propulsion for cube sat at desired 

altitudes 

  

Initial Design 

 

 The initial design will consist of a 3U satellite with the dimensions as stated above 

and will house the necessary payload while trying to maintain a weight of less than 4 kg. For 

this the weight of all the components inside of the specified volume as well as the support 

structure needs to be taken into account. The design will implement the use of a solar sail, 

which will be housed within the satellite and will serve as a form of propulsion once 

deployed. The deployment system will consist of a set of 4 equal length supports, which will 

be flexible enough that they can be rolled around a central hub. When this hub rotates it will 

allow the supports to extend fully from the center of the 3U satellite and form a rigid support 

structure, which will allow the sections of the sail to extend. 

 
Figure 2 - Un-deployed orientation and deployed orientation (not to scale) 

 The sail will consist of 4 equal triangular section that when extended will form a 

symmetrical square shape. It should be noted that in order to avoid any form of tearing or 

cuts in the solar sail material a specific type of fold will need to be implemented so as to 

avoid damage. For this design it has been determined that a frog leg fold will be 

implemented. It consists of folding a triangular section from the peak to the base on its self in 

alternating from back to front then taking both ends of the fold section and performing the 



same fold as shown in Figure 3. This fold allows for movement in one direction and provides 

three anchor points to hold the sail in place. Two of these anchor points, located at each end 

of the base of the triangular section, will be attached to the ends of the extendable supports 

while the tip of the triangle will be the third anchor. When these supports start to extend, the 

anchor at the tip of the triangle will provide the necessary tension to allow the supports to 

start stretching the sail material causing it to unfold. Once the supports are fully extended 

there will be enough tension in the sail material to fully expand the triangular shape and form 

one section of the square sail. All four triangular sections will expand simultaneously but a 

specific speed of extension will need to be determined in order to avoid any unnecessary 

damage to the sail material. The total thickness of the folded sail can be determined by using 

the thickness of the material and the number of times that it is folded. The following equation 

gives a representation as to the thickness of the folded sail in an alternating direction [3]: 

 

𝑊 = 𝜋𝑡2!(!!!)/!   

 

t = material thickness 

n = number of folds 

 

 
Figure 3 - Frog leg folding method [4] 

 



 A square shape was chosen as it maximized the most surface area as well as aid in the 

simplicity of the design based on the required constraints when compared to the other 

orientations shown in the Figure 4 below.  

 

 
Figure 4 - Sail Design Types [2] 

 

 In order for the sail to take advantage of the solar radiation it must be light and have 

some reflective properties, which will allow the solar radiation to reflect off of the sail 

surface. Materials, which are most commonly used, are Aluminized PET film (Mylar), 

LaRC-CP1 Polyimide, and Polyimide resin (Kapton); all of which have been used in 

previous project from different institutions. For the initial design it has been decided that 

polyimide resin also known, as Kapton will be used for it has properties that make it 

favorable for use as well as remaining cost effective. Such properties include its high tensile 

strength while still having a low density as compared to other materials with higher equal or 

higher tensile strengths, as well as its thermal conductivity.  

 Using the previous equations and applying the required parameters the following has 

been found assuming the value of alpha (α =0) meaning that the sail is perpendicular to the 

oncoming photons of the solar radiation. 

 

Table 1: Initial Force and Acceleration Values 

Fo (µN) 87.1 

F (µN) 87.1 

a (mm/s^2) 0.02178 

 



 The acceleration achieved is not extremely significant but what does need to be taken 

into consideration is that the acceleration being applied will be constant as long as it 

maintains the same orientation. This means that with time the satellite will reach larger and 

larger velocities therefore the velocity and distance traveled will depend on the acceleration 

of the satellite. If quicker accelerations are required then a larger sail or the reduction of 

weight must be taken into consideration, as the solar sail does not depend on the amount of 

force being exerted but on the ratio between area and mass.  

 

Sail Weight & Cost Analysis 

 

 Weight of the solar sail system does not take into account reinforcement material, 

which will be applied to the corners of the 4 triangular sections, nor the components required 

attaching the ends of the sails to the 4 support booms. Current cost for solar sail material is 

estimated and does not take into consideration as to whether or not material has a reflective 

coating to aid in photon reflection or the cost of implementing a reflective coating. The cost 

of the material for the support booms are also preliminary, as it does not take into 

consideration as to whether or not the material has the required curved shape. 

 

Table 2: Weight and Cost analysis for 3U satellite 

Component Mass Cost Material 

Solar Sail Material 0.1623 kg $ 648.10 Kapton 

 

Solar Sail Process  



 
Figure 5 - Solar Sail process 

  



Construction 

 

 Current design requires that the sail and the deployment system must be stored within 

the dimensions of the 3U cubesat. The solar sail must also have a reflective coating therefore 

the kapton material that will be obtained must be verified to have one. 

• If aluminized coating is not present then the material will have to be sent to have one 

placed. 

• The solar sail material will then be cut into 4 equal triangular sections, which will 

have a combined area of the original material area.  

• Applying reinforcement to the three corners of the triangular sections are required in 

order to attach to the ends of the booms. It will consist of thicker material with metal 

grommets. 

• Kapton material will then have to be folded according to the corresponding 

packaging method and stored in its stowed compartment. 

• The top corner will need to be attached to the satellite so as to give it a point of 

tension when being deployed. The other two remaining corners from the bottom of 

the base will need to be facing outside of the satellite so as to attach them to the end 

of the booms. 

• The deployment system will consist of a rotating component attached to a system of 

gears and an electric motor, which will drive it.  

• The rotating component will house one end of each boom which will act as a fixed 

position 

• The deployment system will be housed in a compartment beneath the section of the 

satellite, which will house the folded solar sail. 

• The deployment system will attach to the frame for structural support. 

• The ends of the booms will be attached to the corners of the four sections of the solar 

sail at this point.  

  

 When the deployment system is activated it will cause the rotating component to start 

to spin causing the flexible booms to extend which at the same time will be pulling the 

corners of the solar sail sections and allow it to extend. Once the booms have fully extended 



they will provide the necessary tension to the triangular sections giving the sail sufficient 

stretch to form a flat surface, which will allow adequate reflection of the solar radiation. This 

deployment system along with the solar sail will occupy a section of the 3U satellite along 

with all the necessary components.  

 

Testing 

 

 Certain testing will need to be implemented in order to determine the integrity and 

function of the satellite components, solar sail, and solar sail deployment system. These 

include but are not limited to: 

 

• Vibration Testing: Will provide information as to whether or not vibrations, which 

can be experienced, during launch will affect the deployment system, packaging of 

the solar sail or other components. This can be achieved by subjecting the entire 

satellite to low and high levels of vibration. 

• Thermal Testing: In order to determine the characteristic behaviors of the kapton 

material under different operating temperatures as well as to test the performance of 

the deployment system under varying temperature. Subjecting the satellite to varying 

temperature as experienced at 800 km above sea level in initial state as well as fully 

deployed state. 

• Solar Sail deployment testing: Allows the testing of the deployment system as well as 

provide insight on how the sail will deploy as well has to determine if any 

obstructions are present which can cause damage to the sail. Can be conducted during 

thermal testing to determine reaction to varying temperatures. 

• Solar Sail Reflectivity Testing: Provides information as to the efficiency of the 

material to reflect solar radiation. Folding of the sail is required to package it inside 

the required dimensions of the satellite; this will cause creases, which can affect sail 

reflectivity. Testing will consist of reflecting light on the sail material and measuring 

the amount of light initially hitting the sail and afterwards measuring the amount of 

light reflected from the surface in order to compare. Testing must be conducted on 

material which has not been folded, on material that has been folded and opened, as 



well as material with a worst case scenario such as completely crumpled and then 

opened. 

 

Remarks 

 

 Solar Sailing is not a new concept, in fact it is a concept that has been experimented 

with since the early 1960’s but it is a concept that isn’t used as much as other means of 

propulsion. The mission objective will determine the required parameters of the sail as well 

as the overall design and cost of the system. Based on the equations presented a rough 

estimate can be obtained as to the overall performance of the solar sail but this is the case of 

a perfect sail. In real world applications certain aspects need to be taken into consideration 

such as actual reflectivity of the material, which can be affected by creases created from 

folding the sail. This will ultimately affect the total force exerted on the sail as well as the 

overall acceleration the satellite will experience. Further analysis of real world sail material 

will need to be tested to determine the overall performance of the sail for use. 

 
 
Deployment Mechanism 

  

 The deployment mechanism of a solar sail is a critical subsystem which usually has a 

high risk associated with it. The mechanism of the CubeSail consists of two main sections. 

The first is concerned with boom storage and deployment and the second is the storage of the 

sail. The booms will be rolled around a spindle at the center of the bottom plate and a motor 

will have the function of deploy the booms out to space. The booms will be attached to the 

corner of each section of the sail and they will be pulling the sail out of storage 

compartments. Once the deployment is complete the satellite now has the ability to change 

its orbit. 

 

Booms 

 

 The booms will have to occupy a small volume during storage, which is confined to a 

10cm by 10 cm base area, and leave a reasonable amount of space for the folded sail. It also 



needs to be taken into consideration that each boom has to extend to about 2.9 meters in 

length. The current diameter of the booms rolled around the center of the spindle, and the 

spindle itself have a combined diameter of 90 mm which is less than the 100 mm that we are 

confined to.   

 

 
Figure 6 - Booms Dimensions 

 

The materials of the booms are made of tape-spring blades, similar to the ones used in 

tape measures. Due to its flexible nature a long blade is able to roll back out and hold its 

straight shape. These blade show a very good stiffness when held curve down. Some tape 

measures are claimed to stand horizontally up to 4 meters. This kind of bending stiffness is 

more than sufficient in a very low gravity environment to extend the sail film and make it 

taught while enduring the Solar Radiation Pressure. But when blades are flipped upside down 

they quickly buckle under gravity and bend under the smallest of forces. To strengthen the 

blade, two of the blades are attached to each other front to front. This solves the buckling 

problem and increases the stiffness of the booms while still maintaining flexibility. It should 

also be noted that the ends of the booms would also attach to the sail.  

 

Booms Sizing 

 

The CubeSat structure has a limited bus area of 10cm by 10cm, limiting the length of 

the booms that can be wrapped around the designed spindle. Boom stowed thickness plays an 



important factor in the maximum possible boom length.  A 0.40mm thick boom with 26mm 

spindle diameter will result in a total stowed diameter of 90mm, well within the limit. The 

following equation demonstrates this. 

Dtot = (B · t · r) + Ds 

 

DTot = total diameter 

B = number of booms 

t = thickness 

r = number of rotations 

Ds = Spindle diameter 

 

Table 3: Stowed boom values 

Description Value (mm) 

Ds 26 

B 4 

t .4 

r 40 

DTot 90 

 

Motor 

 

To control the deployment of the booms, a DC gear motor is added to the system. 

This motor drives the booms out of the mechanism at a slow speed to avoid damage to the 

sail. The motor will be located above the sail compartments and it is going to be fixed to the 

plate leaving enough space in the satellite for the other components. The solar sail 

compartment will have a hole in the middle to connect the motor to the spindle; the hole is 

bigger than the shaft diameter in order to avoid friction between both surfaces. The weight 

and dimensions of the motor are the most important aspects that were taken into account to 

choose the model, the model chosen is the HS-645MG because it will fit perfectly inside the 

satellite and with a 8.0 to 10.0 kg/cm! is able to move the metal component of the system. 



 

 
Figure 7 - Motor Dimensions 

 

Table 4: Motor specifications 

 Power 

(W) 

Mass 

(g) 

RPM 

(No 

Load) 

Torque Temperature Range 

(°C) 

Motor Approx.1.2 Approx. 

10 

14 5 kg-cm -20 to +80 

 

 

 

Spindle 

 

 The spindle consists of two parts, both made of Aluminum. This material was chosen 

because it’s resistant to corrosion, and it is light while being strong. The outer hub is where 

the booms are going to be roll around. The inner hub is going to hold the booms and it will 

be connected to the shaft motor to rotate the whole spindle. The diameter of the spindle, 26 

mm, will allow enough space for the booms and once the booms are rolled around the spindle 

it will have a total diameter of 90mm. 



 
Figure 8 - Spindle Dimensions 

 

Sail Compartment 

 

Sail compartment function is to storage the solar sail until deployment. It will be also 

made of aluminum like many of the other parts. The center of the compartment will have a 

center hole to let through the motor shaft; the diameter of the hole is going to be bigger than 

the shaft to avoid friction. A small gap between the center and wall was design to decrease to 

the weight; this was possible because the area need it for the solar sale once it’s fold it is just 

20mm!. 

 
Figure 9 - Solar Sail Compartment Dimensions. 

 



Weight and Cost analysis 

 

 The total mass loading of the entire deployment system is a crucial characteristic in 

the design of a Solar Sail. The smaller the mass loading the larger a solar sail can become 

with a small mass penalty. A small mass and dimension are crucial in order to accomplish the 

parameters establish by the FUNSAT Competition. The costs of the components are base 

only on material, the machinery is not being taken into account. 

 

Table 5: Sail Deployment System Mass and Cost Analysis 

 Volume  

(𝒎𝟑) 

Density 

(g/𝒎𝟑) 

Total 

Mass (g) 

Material Cost ($) 

Booms 1.490991*10!! 8,000,000 477.12 Stainless 

Steel 

15.9 

Spindle 1.001349 *10!! 2,700,000 27.04 Aluminum 4.17 

Sail Compartment 8.402088*10!! 2,700,000 226.86 Aluminum 35.0 

Plate Bottom 1.344144 * 10-5 2,700,000 22.63 Aluminum 0.88 

Plate Top 1.344144 * 10-5 2,700,000 22.63 Aluminum 0.88 

Sail Compartment 

Plate 

8.79352 * 10-6 2,700,000 24.62 Aluminum 0.92 

Motor ----------------- ----------------- 10 ----------------- 22.95 

Total 6.9001888*10-5 ----------------- 855.2 ----------------- 79.82 

 

 

Remarks 

 

 The deployment of a Solar Sail in space is a challenging problem and this paper 

addressed it by proposing a deployment system for CubeSail mission. The deployment 

system consists of four boom and four triangular quadrant sail membranes. The booms are 

made of tape spring blades, put front to front. . It will take around 2 minutes for the whole 



system to extent completely to avoid high friction between sail and other components.  To 

improve cost and weight light and strong material where chosen for the components.   

 

Table 6: Power, Weight and Cost Estimate of SSS 

 
No. Component Power 

(W)  

Quantity Total Weight 

(gm.) 

Total Cost  

(USD) 

1 Sail Material - 1 162.3 $648.10 

2 Deployment 

Mechanism 

1.2 1 855.2 $79.82 

 Σ SUM 1.2 2 1017.5 $727.92 

 

B. COMMUNICATION SUBSYSTEM 

Communication subsystem is one of the important subsystems for the satellite operation. 

The main goal of the communication subsystem is to establish a communication link between 

the satellite and the ground station. Telemetry, command and payload information transfer 

are the three forms of communication between a satellite and the ground station. As a part of 

telemetry operation, satellite transmits to the ground station regarding its attitude and station 

keeping information. The ground station receives telemetered information and in response 

command signals are transmitted to the satellite, so that the satellite can perform attitude and 

other changes. 

 

 

 

 

 

Figure 10 shows the basic block diagram of the communication subsystem in the 

PantherSAT. We use universal software radio peripheral (USRP) as a transceiver, which is 

software, defined radio. USRPs are gaining increasing popularity due their flexibility and 

robustness. It basically upconverts the input complex baseband signal to the desired carrier 

Power  
Amplifier Dipole 

Antenna USRP Duplexer 
Beagle 
board 

USB 

Figure 10 - Block diagram of communication subsystem. 



frequency. However, the difference between the ordinary transceiver and the USRP is in that 

the parameters of the transmit signal such as the transmitter gain, carrier frequency, 

bandwidth, etc, can be digitally controlled via the software commands. 

The USRP consists of two separate transmit and receive ports and it can be operated in 

full duplex mode. For transmission, the baseband OFDM signal is generated by the Beagle 

board and is digitally sent to the USRP via the USB interface. The USRP up-converts the 

OFDM signal to 430 MHz carrier frequency and sends it to the power amplifier. The power 

amplifier will provide a gain to the received signal and generates a 2 W power output. The 

amplified signal is sent to the antenna through the duplexer and transmitted towards the 

ground station. The duplexer allows using one antenna for both transmission and reception 

simultaneously, but at two different frequencies. We use 430 MHz for the downlink and 420 

MHz for the uplink. The received signal is sent to the USRP receiver port via the duplexer. 

The USRP will down-convert the received signal to baseband and send it to the Beagle board 

where the protocol stack is implemented. 

We will use the USRP-B200 model shown in Figure 11 in the PantherSAT and USRP-

2920 model shown in Figure 12 at the ground station. 

 

Figure 11 - USRP-B200 



 

Figure 12 - USRP-2920 

Antennas are very important in the radio communication and its design is very crucial for 

its operation in certain frequency band. Usually antenna size is proportional to wavelength (λ) 

which can be calculated from the frequency of the operation given by  

𝜆 =
𝑐
𝑓 

Where, c is the speed of light and f is the frequency. Another important antenna 

parameter is the voltage standing wave ratio (VSWR) which shows how well the antenna 

impedance is matched to the transmission medium to achieve maximum power transfer. 

Voltage standing wave ratio (VSWR) is a function of reflection coefficient, which describes 

the power reflected from the antenna. Ideal antenna achieves VSWR ratio of 1. Impedance 

matching circuits are generally used to match the impedance of the antenna to the 

transmission medium. 

OFDM parameter design 

The subcarrier frequency spacing in the OFDM system should be chosen carefully as it is 

sensitive to the Doppler frequency shift. As the satellite travel at high speed, the change in 

the carrier frequency due to Doppler effect is significant and hence it should be considered 

while designing the subcarrier frequency spacing. Assuming that the satellite is at the altitude 

of 900 km from the earth’s surface and the orbit shape is nearly circular, the velocity of 

satellite is approximately 7.4 km/s. We assume that the ground station antenna will begin at 

an azimuth angle of 55o, tracks the satellite until -55o while receiving the data. Then, the 



average relative velocity of the satellite with respect to the ground station is approximately 

𝑣 = 3.42  km/s. The carrier frequency is 𝐹! = 430  MHz. The maximum Doppler frequency 

shift can be calculated as, 

𝑓! = 𝐹!
𝑣
𝑐 = 430e6

3.42e3
3e8 ≈ 5  kHz. 

The OFDM subcarrier frequency spacing Δ𝑓 should be chosen such that, 

𝑓!
Δ𝑓   ≪ 1 

We choose Δ𝑓 = 125  kHz, and therefore the above condition is satisfied as !!
!!
= 0.04 ≪ 1. 

With this subcarrier frequency spacing and the total bandwidth of 1 MHz, we have 𝑁 = 8 

subcarriers, OFDM symbol period 𝑇! =
!
!!
= 8  us, and sampling period 𝑇! =

!!
!
= 1  us. 

The cyclic prefix (CP) duration of the OFDM system is an important parameter set 

appropriately to eliminate the inter-symbol interference. Basically, the CP duration should be 

greater than the delay spread of the channel. In terrestrial OFDM communication systems, 

the CP time is set to 4 us ~ 6 us because the channel delay spread is long due to significant 

multipath components. However, the satellite channel has very less reflections and the delay 

spread is few 100’s of ns. But, since our sampling period is 1 us, which is greater than the 

expected delay spread of the channel, we can set the CP duration to zero. 

Link budget calculation 

The link budget equation can be expressed as, 

𝑃! = 𝑃! + 𝐺! + 𝐺! − 𝑃𝐿 − 𝐿!"#  . 

Here, 𝑃! is the received power at the ground station and 𝑃! = 2  W = 3  dB is the transmit 

power of the CubeSat. We use a dipole antenna in PantherSAT which has a gain of 𝐺! = 4 

dBi. The Yagi antenna at the ground station has a gain 𝐺! = 13.44 dBi. The 𝑃𝐿 accounts for 

the free space path-loss and 𝐿!"# accounts for other losses due to atmospheric factors such as 

humidity, rain, etc. The path-loss 𝑃𝐿 can be expressed as, 

𝑃𝐿 = 20 log!"
4  𝜋  𝑅
𝜆   , 

where, the wavelength is 𝜆 = 0.698  m with the carrier frequency 𝐹! = 430  MHz. We 

consider the slant distance between the ground station and the CubeSat which is 𝑅 = 1435 

km. Using these values, the path-loss can be calculated as  𝑃𝐿 = 148  dB. The other losses can 



be approximated to 𝐿!"# = 10  dB which accounts for the attenuation due to atmosphere, rain, 

polarization, antenna pointing misalignment, edge of beam loss and other losses. By 

substituting all the parameter values in the link budget equation, we can get the received 

power at the ground station to be, 

𝑃! = 3+ 4+ 13.44− 148− 10 = −137.56  dB  

= −107.56  dBm = 17.54×10!!"  W. 

The thermal noise power at the receiver can be approximated as 

𝑃! = 𝑘  𝑇!  𝐵, 

where, 𝐵  is the communication channel bandwidth, 𝑘  is the Boltzmann constant and 

𝑇! = 500  K is the assumed system noise temperature at the ground station. Now, the signal to 

noise ratio can be calculated as, 

𝑆𝑁𝑅 =
𝑃!
𝑃!
=
17.54×10!!"

𝑘  𝑇!  𝐵
 

With the above SNR, the theoretical maximum bitrate achievable in each subcarrier can be 

calculated using Shannon’s channel capacity equation as, 

𝐶 = 𝐵 log! 𝑆𝑁𝑅 = Δ𝑓   log!
17.54×10!!"

𝑘  𝑇!    Δ𝑓
= 543  kbps 

As we have 𝑁 = 8 subcarriers, the theoretical maximum capacity is 4.36 Mbps. We can 

reach close to this theoretical maximum by adapting higher order modulation schemes. 

However, we fix the modulation scheme to be QPSK. With QPSK, the data rate can be 

calculated as 

𝑅 = 2
𝑁
𝑇!
= 2  Mbps. 

Dipole Antenna 

 

 

 

 

Figure 13 – Front view of the PantherSAT 
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Figure 14 - Simulation model of dipole antenna in MMANA software 
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Figure 15 - Antenna radiation patterns and charateristics. 

We use two dipole antennas in the PantherSAT. Depending on the direction of the earth 

with respect to the PantherSAT, only one dipole antenna is operated at a given time. The 

elements of the dipole antennas are placed at the edges of the solar panels. 



The simulations of the antenna characteristics were done in MMANA software. Figure 14 

shows the simulation model of the dipole antenna. The total length of the solar panels is 70 

cm and hence in the simulation model, there is a gap of 70 cm between the dipole elements. 

The solar sail film is placed in the XY plane at 30 cm below the dipole elements. Since the 

film is made up of metallic material and has a large area (≈ 10  m!), it will affect the 

radiation pattern of the antenna. In the simulation, we modeled the solar sail film as the 

ground plane in the XY plane and positioned 30 cm below the dipole elements. The 

orientation of the model is such that the earth would be in the Y axis direction. With the 

setup, we simulate the radiation pattern of the dipole for two cases: without sail film and with 

sail deployed. 

The radiation patterns for both without and with sail film deployed are shown in above 

Figure 15. We can observe that the radiation pattern changes significantly between the two 

cases. In both the cases, the direction of the main lobe is oriented towards the direction of 

earth. The antenna gain versus the frequency plots for the two cases are shown in the above 

Figure 15. The antenna gain without the solar sail film deployed is approximately 5 dB, 

while it is approximately equal to 8.6 dB with the solar sail film deployed. In the link budget 

calculation, to be on safer side we consider a gain value of 1 dB less than the minimum gain 

(5 dB) in the two cases, which is 4 dB. Voltage standing wave ratio (VSWR) graphs for the 

two cases are shown in the above Figure 15. Here, it is assumed that the antenna is connected 

to the transceiver via an impedance matching network. The graph shows that the antenna has 

a bandwidth of about 8 MHz with the SWR < 1.5. 

Yagi Antenna 

We will use an 11-element Yagi antenna at the ground station. The gain of the antenna is 

specified to be 13.44 dBi in the frequency band of 420 MHz to 450 MHz. We created the 

simulation model of the antenna as shown in Figure 16. The 3D radiation pattern of the 

antenna is as shown in Figure 17, and the gain in the direction of main lobe versus frequency 

is plotted in Figure 18. As seen from the plot, the simulated gain of the antenna is around 

18.75 dBi, which is much higher than the specified gain due to the ideal conditions prevailing 

in the simulation. However, for the link budget calculation, we shall consider the actual gain 

of the antenna (13.44 dBi). 



The Yagi antenna at the ground station is mounted on the rotor platform so that the main 

lobe of the antenna can be steered to any elevation and azimuth angles. With this setup, we 

can track the satellite as it passes over the ground station. Therefore, the time window during 

the communication can be increased significantly to capture larger amount of payload 

information at the ground station. The ground station antenna design is under construction in 

collaboration with the TubeSAT team at FIU. 

 
Figure 16 - Yagi Antenna simulaiton model 

 
Figure 17 - Radiation pattern of the Yagi antenna. 



 

Figure 18 - Gain of the Yagi antenna. 

 

Satellite Tracking: 

It is important to track the satellite to ensure that it is in the ideal orbital positions. There 

is much interference in the space, which tends to alter the ideal orbital path of the satellite 

and therefore corrections are needed for the satellite to maintain ideal orbital path. To 

determine its current position, the PantherSAT uses an onboard GPS system available on the 

USRP board. The coordinates provided by the GPS system can be used to keep track of the 

satellite orbit and also sent to the ground station for satellite position monitoring. The GPS 

coordinates are also very useful in initiating the location dependent processes. For example, 

comparing the current coordinates of the satellite with the specified coordinates can capture 

IR and visible light pictures of a specified region on the earth.  

 
Figure 19 - GPS system and compatible active antenna. 



 

Table 7: Components of Communication System 

Functional Block Name Component Used 

Terminal Node controller PacComm PicoPacket 

RF transceiver for direct 

communication 

Yaesu Vx-2R 

RF transceiver for iridium 

communication 

Iridium 9601 

PIC Microcontroller dspic30F4012 

Antenna Half wave dipole 

 

Table 7, shows weight and power estimate of the communication subsystem including the 

redundancy. 

Table 8: Weight and Power Estimate 

No. Component Quantity Total 

Weight 

(gm.) 

Power 

(W) 

Total Cost  

1 USRP + GPS + GPS 

Active Antenna 

1 350 3 $1686 

2 Power Amplifier 1 60 12 Assume$40 

 Σ SUM 4 410 15 $1726 

 

Contigency plan: 

Due to uncertain conditions in the space there might be damage to the transceivers. TNC, 

microcontroller and transceivers are the main component in the communication subsystem. 

Failure in one of the components makes the whole communication subsystem to fail. Since 

we are implementing two types of communication i.e. iridium and direct, there will be a 

redundant communication link. It is very necessary to add a redundant communication link 



because the whole purpose of designing a satellite is to carry out payload functions and 

communication is the main subsystem which retrieves payload information from the satellite. 

 

Verification/Validation plan: 

Ansoft designer software is used to verify the antenna funcational capabilities. We have 

used LabView to design communication subsystem through software approach using 

Universal Software defined radio (USRP).  USRP is a type of software-defined radio where 

we can implement hardware components present in radio using software approach. We will 

validate all communication algorithms using USRP.  

 

C. ATTITUDE DETERMINATION and CONTROL SUBSYSTEM (ADCS) (0.5W) 

The ADCS will be responsible in controlling the orientation of the PantherSAT relative 

to the Sun’s position. The ADCS will perform following functions: 

• Stabilization of the PantherSAT after the launch 

• Orienting the PantherSAT as per the payload mission requirement 

• Orienting the PantherSAT as per the Sailing requirement  

• Stabilizing the PantherSAT when sailing or serving mission 

The sensors, which are mainly used in the attitude determination, are Razor 9 degrees of 

freedom sensor and Sun sensor. Magnetotorquer’s are used for the attitude control.  

Determination: 

    Magnetometer, accelerometer, gyroscope and Sun sensor are used for the attitude 

determination.  

 

Razor 9 DOF sensor for Attitude control:  



 

Figure 20 - Razor 9DOF sensor 

Basically, it consists of three sensors: gyroscope, accelerometer and magnetometer. 

These three sensors are controlled by an onboard ATmega328 microcontroller. All the three 

sensors are triple axis sensors. The 3-axis magnetometer measures the intensity and the 

direction of the Earth’s magnetic field. Magnetic field vector will be formed from these 

magnetometer readings for each axis and will then be processed to the Razor host controller. 

PantherSAT’s spinning rate will be determined by the measurements from the 3-axis 

gyroscope based on the principles of angular momentum and will then be processed to the 

Razor host controller. PantherSAT’s acceleration will be determined by on board 3-axis 

accelerometer. Measurements of each axis’s acceleration will then be fed to the Razor host 

controller.  The main advantages of this sensor are the capabilities and the fact that it 

transmits the data via serial stream. The sensor itself has a programmable Arduino 

microcontroller, which has a tremendous developer community, making it possible to modify 

the internal algorithm of this sensor to change the sensitivity to the desired one. 

The main features of this sensor board are: 

• 9 Degrees of Freedom on a single, flat board: 

o ITG-3200 - triple-axis digital-output gyroscope 

o ADXL345 - 13-bit resolution, ±16g, triple-axis accelerometer 

o HMC5883L - triple-axis, digital magnetometer 

• Outputs of all sensors processed by on-board ATmega328 and sent out via a serial stream 

• 3.5-16VDC input 

• Less than 2 W Power consumption 

 

Sun sensor for Attitude control: 



Six Sun sensors’ can be implemented using six light sensors mounted on six surfaces of 

PantherSAT. The purpose of this is to generate a solar vector and keep track of the direction 

of sun. This sensor can be implemented using a PIC microcontroller. The task of this 

microcontroller is to measure the currents from the solar panels mounted on different 

surfaces of the PantherSAT, compare these measurements and then calculate the sun vector. 

The sun vector will then be sent to the Razor host controller. 

Light sensor (TSL230ARD): (0.011W) 

A light sensor (Figure 21Error! Reference source not found.) transforms the light 

sensed into frequencies. This IC outputs a pulse train or a square wave (50% duty cycle) with 

the frequency that is directly proportional to the incident light intensity. 

 

Figure 21 - Snapshot of light sensor 

The measurements from magnetometer and the Sun Sensor are then compared with the 

International Association of Geomagnetism and Aeronomy’s (IAGA) International 

Geomagnetic Reference Field (IGRF) in the Razor host controller.  Using the measurements 

from the gyroscope and the accelerometer, PantherSAT’s propagation will be determined by 

the Razor host controller.  

 

Control Actuator: 

Magnetotorquer: (0.05W) 

The predicted attitude vector output from the Razor will be sent to the Beagle board via a 

serial interface port. The Beagle board through the general-purpose digital output pins 

provides the control signals to the H-bridge. H-bridge will generate and apply the control 

torque required to rotate the PantherSAT, on magnetotorquer.  



Features: 

• Supply voltage 2.7 - 5.5VDC 

• 320nm - 1050nm response range 

• 2mA supply current in power on mode 

• 5uA current in power down mode mode 

• Temperature compensated for UV to visible range 

 
Table 9: Power, Weight and Cost Estimate 

 
No. Component Power 

(W)  

Quantity Total Weight 

(gm.) 

Total Cost  

(USD) 

1 Razor 9 DOF Approx. 2 1 7 $123.95 

2 Sun sensor 0.011 6 Assumed 6 $27.96 

3 Magnetotorquer Approx. 

0.1 

3 Approx. 300 Approx. $500 

 Σ SUM Approx. 

2.5 

10+1 350 $651.91 

 

 

 

 

D. POWER SUBSYSTEM 

In order to serve desired purpose by the various elements of the satellite, Power system 

must be designed efficiently. The purpose of the power sub system is to provide 

uninterrupted and adequate power to on-board electronics in Sunlight as well as in eclipse. 

The power subsystem is designed for the standard CubeSat components and the current 

payload design consideration.  

The power subsystem is designated to supply power to the Attitude Determination and 

Control System (ADCS), Communication system, payload as well as the temperature sensors 

in the CubeSat. The power budget for the loads is enlisted in the Table 10, below. 



Table 10: Power Budget for the Loads 

No. Component / 

System 

Power (W) 

1 OBC 2.5 

2 ADCS 0.5 

3 COMM SYS 15 

4 Payload Sensor 4.8 

5 Temperature Sensor .0007 

6 SAILING SYS 1 

 Σ SUM 23.8 

 Safety Factor 1.25 

 Total  29.75 

Total power required by the design considerations is 34.27W. 

Power to the CubeSat in the space is abundantly available in the form of the radiant 

energy. There are various sources of radiation in the Earth’s orbit including cosmic radiation, 

albedo from the moon, earth, etc. However, Sun’s radiation including the Earth’s Albedo and 

infrared radiation are the major sources of energy to the CubeSat. In the Table 11: Energy 

available from each major source, energy available from each source is enlisted. 

Table 11: Energy available from each major source 

Solar Radiation Earth’s Albedo Earth’s Infrared Radiation 

1366 W/m2 406 W/m2 237m2 

 

Power budget is broken into three categories as, power generated, power utilized and 

power stored. Energy balanced then will be verified for each revolution of the PantherSAT to 

ensure that there is sufficient energy for the mission to complete. All the power calculations 

are focused for the peak power utilization.  

 

Power Generated: 



Abundant availability of solar energy leads to the use of solar cells for the power 

generation. High efficiency solar cells are must due to the limited surface area of the CubeSat 

exposed for the energy harnessing in the space.  

Spectrolab’s NeXt Triple Junction (XTJ) solar cells with 29.5% efficiency are 

selected power generation purpose. Complete assembly of the Solar Cell, Interconnects, 

Coverglass and Bypass Diode altogether is called as CIC, will be purchased. According to 

the manufacturer’s specification, XTJ solar cell produces 135mW/cm2 power per bare cell. 

However the net power available from each CIC is 1W at 2.3V. On each side of the 

PantherSAT five cells with standard area of 29.85 cm2 each will be used. Weight of each 

bare cell in 84 gm/cm2. Power generated using XTJ solar cells is shown below in Table 12: 

Power generated using XTJ solar cells.  

Table 12: Power generated using XTJ solar cells 

No. Source Power (W) 

1 XTJ solar cells 1 x 5 x 4 = 20 

 

Power Utilized: 

 Power utilization is subdivided into six different modes according to the 

PantherSAT operation mode and the components in function. Table 4 below shows the power 

utilization in each mode with the components in function. 

 

Table 13: Operational Power Utilization  

No. Mode Power 

(W) 

Components in Function 

1 Weather 

Recording 

7.02 ADCS + Camera + Beagle Board +GPS +S5  

2 Bacteria Recording 7.22  ADCS + Potentiostat + Beagle Board +GPS+S5 

3 Processing 4.72  ADCS + Beagle Board +GPS + S5 

4 Communicating 20.6  ADCS + USRP + PA + Beagle Board +GPS + S5 



5 Sail Deployment 5.72  ADCS + Deployment System + Beagle Board + GPS + 

S5 

6 Sailing 4.09  ADCS + Beagle Board + GPS + S5 

 Σ SUM 49.44   

 Safety Factor 1.25  

 Total Power 61.8   

 

Power Stored: 

Batteries must be used to supply the power during the eclipse period of satellite orbit 

and also, when the bus needs more power than the power obtained from the solar cells. The 

batteries required operating at the high temperature due to the space temperature conditions. 

And also, batteries should be compact and lightweight due to the space and weight 

constraints of the CubeSat. This leads to the use of Lithium-Polymer batteries. 6Ah Lithium-

Polymer batteries with storage capacity of 22.2 W-h will be used, as currently available 

robust, lightweight and high energy density battery type in the market. Standard charging 

time with 1A and 4.2V is 4.5hr. Therefore 4.2Wh is the charging energy. Energy stored in 

batteries per hour is enlisted in Table 7. 

Table 14: Energy Stored in Batteries Per Hour  

Qty Type Capacity (Ah) Capacity (Wh) 

2 Lithium-

Polymer 

6 22.2 

 

Distribution and Control: 

Power from the solar cells will be delivered to the battery and to the on-board 

electronics via a Lithium-Polymer charger and booster; Battery Management Unit (BMU). 

This unit regulates the current and voltage limits for the battery during charging and 

discharging which in turn overheating and undercharging of the batteries. The unit also, 

regulates the power supply to the batteries based on the requirement from the on-board 



electronics. During the eclipse time period, control unit regulates the power flow from the 

battery to the on-board electronics. 

 

Energy Balance: 

 PantherSAT’s higher orbit considered at 1000km above the Earth’s surface for the 

demonstration of the solar sailing system in LEO region. From the literature it is found that at 

this altitude, PantherSAT will be completing around 14 revolutions in one day and in 

approximately 103 minutes each revolution. Table 8, shows the maximum possible peak 

energy utilization that can be possible per revolution with legitimate timely approximations. 

Table 15: Energy Utilization Per Revolution (103 min) of Operation 

No. Mode Power (W) Duration per 

revolution (min) 

Energy (Wh) 

1 Bacteria Recording 7.22 10 1.21 

2 Weather Recording 7.02 10 1.17 

3 Communicating 20.6 31.5 10.82 

4 Processing 4.72 61.5 4.84 

 Total Power 39.56 103 18.04 

Table 9, shows the energy balance. 

Table 9: Energy Utilization Per Revolution (103 min) of Operation 

No. Source Energy (Wh) 

1 Generated  20 

2 Utilized 18.04 

3 Stored 44.4 

4 Balance 46.36 

 

 

Contingency Plan: 



Space’s radiant temperature as well as meteorite impact conditions can cause serious 

damage to the solar cells, batteries or the power management unit in case of atrocity. Solar 

cells, battery and BMU will be major contingency considerations taken in to account in order 

to avoid the functional failure of the PantherSAT. This will cause the redundancy in the 

design with increase in weight as well as the total cost. But this will be necessary 

compromising the redundancy.  

Table 16, shows weight and cost estimate of the power subsystem including the 

redundancy. 

Table 16: Weight and Cost Estimate 

No. Component Quantity Total Weight 

(gm.) 

Total Cost  

(USD) 

1 Solar cells 16+4 100 $6000.00 

2 Battery 1+1 220 $59.9 

3 Power Management 

Unit 

1+1 App 30 $39.9 

 Σ SUM 18+6 350 $6099.8 

 

Verification/Validation plan: 

Performance of the solar cells will be tested in the vacuum chamber available in one of 

the lab in MME department at FIU. 

Battery and BMU operational functionality at the operating as well as extreme conditions 

will be tested in one of the electrical lab in EEE department at FIU.  

 



Bus and Power Subsystem 
 

 

Figure 22 - Bus and power systems. 

The above block diagram shows the architecture of PantherSAT system along with the 

interconnections that forms the Bus subsystem. In the power subsystem, solar cells, which 

form the source of electric power, are connected to the power management circuit. This 

circuit regulates the input power and provides an uninterrupted power supply to the other 

subsystems. The excess power from solar cells that is not used by the PantherSAT is stored 

in the battery for energy backup. 

The Beagle board is the host controller and performs all the on-board processing and also 

provides the control signals to other subsystems. It is equipped with OMAP3530DCBB72 

processor and is installed with Linux operating system, which can perform multi-tasking 

operations. 



The attitude control subsystem consists of Razor 9 degrees of freedom sensor. Basically, it 

consists of a gyroscope, accelerometer and magnetometer with an ATmega328 host 

controller. These sensors provide the physical parameters of PantherSAT such as the 

orientation with respect to earth, acceleration, etc. This information is necessary for the 

attitude control of the PantherSAT. Razor 9 DOF sensors are interfaced with the Beagle 

board via serial port. The Beagle board processes the information and provides control 

signals to the magnetic torquer, which rotates the satellite to the correct orientation. The sun 

sensors are connected the Beagle board via 11 GPIOs. 

The communication subsystem is responsible for communicating the information with the 

ground station. It consists of universal software radio peripheral (USRP) which upconverts 

the input OFDM signal to the desired carrier frequency. It is interfaced with the Beagle board 

via the USB port. The USRP also consists of an onboard GPS system. The USRP output is 

connected to a 2 W power amplifier. The amplifier output is connected to the antenna via a 

duplexer. The duplexer allows the USRP to operate in full duplex mode. 

The Payload in the PantherSAT consists of a 18.9 Megapixel visible light camera, an infrared 

camera, four digital temperature sensors and an electrochemical potentiostat. The interface 

details of each device are shown in the block diagram.  

 
 

 

 

 Host Controller 

Beagle board: 

The Beagle board (Figure 23) is the host controller and performs all the on-board 

processing and also provides the control signals to other subsystems. It is equipped with 

OMAP3530DCBB72 processor and is installed with Linux operating system, which can 

perform multi-tasking operations. 



 

Figure 23 - Beagle board 

Samsung Galaxy S5: 

Due to the high computing, memory power and compactness of Samsung galaxy S5, 

it will be used primarily for the processing purpose. Images captured during the mission will 

be processed using S5. Android apps for the image processing will be developed for this 

purpose. Processed images will then be sent to the Beagle board to transmit. S5 camera will 

also be used as a payload due to its high image quality and higher zoom capacity and can be 

as a contingency to the main payload. Frontal camera of the S5 can be covered with the IR 

film and generating the temperature profile inside PantherSAT can monitor health of the 

PantherSAT. By this means life of the PantherSAT can be extended. 



 

Figure 24 - Samsung Galaxy S5. 

 

Table 17: Power, Weight and Cost Estimate of SSS 

 
No. Component Power 

(W)  

Quantity Total Weight 

(gm.) 

Total Cost  

(USD) 

1 Beagle board 2.5 1 40 $179.95 

2 Samsung Galaxy S5 0.67 1 145 $650 

 Σ SUM 3.17 2 185 $829.95 

 

 

 



 

 

Payload Design 
 

PantherSAT’s current payload is simple to allocate some of the power consumption and 

data requirements of the satellite.  This helps establish an approximate power constraint and 

an idea of the data requirements of our communications subsystem.  Currently it is designed 

as a geothermal study with aerial imagery to help support it.  This very modular study can be 

used to track various population changes and other environmental impacts; which is why it 

was selected.  While development progresses more funding can be allocated with use of 

various grants on environmental and population studies and they can be facilitated by minor 

adjustments to our system currently being considered. 

The Payload in the PantherSAT consists of TAMARISK 640 thermal imaging camera 

with spectral band of 8 to 14 um, 18.9 Megapixel 10x optical zoom Sony DSC-QX10/B 

camera, and on-board temperature sensors. The image data captured by infrared cameras is 

transferred to Beagle board through camera link, whereas the image data captured by visible 

light camera is transferred to the Samgung Galaxy S5 via Wi-Fi connection, and then to the 

Beagle board through USB connection. The on-board temperature sensors are located at 

different places of the PantherSAT. The analog outputs of all the sensors are connected to an 

ADC and the digital output of ADC is interfaced with the general purpose I/Os of the Beagle 

board. 

TAMARISK 640 thermal imaging camera: 

 IR camera will be used for the weather monitoring. 



 

Figure 25 - IR camera. 

Specifications: 

Spectral band: 8 to 14 um 

Frame rates: 30 fps, 9 fps 

Input voltage: 5V-5.5V 

Power Consumption: 1.2 W 

Command protocols: RS-232, USB 2.0, LVCMOS UART 

Operating Temperature range: -40 to +80 C 

Dimension: 50*47*59 mm (with 35mm lens) 

Weight: 165 g 

 

Sony DSC-QX10/B camera 

 

 
Figure 26 - Visible light camera. 



 

Model: DSC-QX10/B 

Sensor resolution: 18.9M pixel 

Optical zoom: 10x 

Communication: Wi-Fi, NFC, USB 2.0 

Power supply voltage: 3.6 V 

Dimensions (Approx.): 62.4mm x 61.8mm x 30.0mm (with lens closed) 

Weight: 105g, 165g (with battery and memory stick_micro) 

 

ADT7420 temperature sensor: 

The ADT7420 (Figure 27) is a high accuracy digital temperature sensor. It contains an 

internal band gap reference, a temperature sensor, and a 16-bit ADC to monitor and digitize 

the temperature to 0.0078°C resolution and accuracy of ±0.25°C. The ADT7420 is rated for 

operation over the −40°C to +150°C temperature range. 

Four of these sensors can be placed at different locations of the PantherSAT to measure 

and log the temperature variations. The analog output voltages from these sensors can be 

connected to the inputs of an ADC to convert the temperature measurements to digital values, 

which can be processed by the on-board computer. 

 
Figure 27 - ADT7420. 

A. BACTERIAL GROWTH TESTING  

We humans are always in quest to understand and improve our health. Now when we are 

searching the existence of life beyond earth it is necessary to include key research studies not 



only to improve health of astronauts when traveling to outer space but also to collect the 

environmental impact of the space on life. 

Yeast is used often for studying fundamental biological questions. Yeast are simple to 

study because of being a single-celled organism, however, they possesses cellular 

organization similar to that found in multi-cellular organisms such as humans [5]. For that 

reason discovery in yeast can be related with humans with comparatively simple experiments 

[5]. Another great benefit of working with yeast is that we can easily manipulate them 

genetically [6]. Yeast is generally very robust and can survive the environmental conditions 

which normal mammalian cells cannot. Saccharomyces cerevisiae is one of the most 

common used yeast for environmental sensing applications because it can survive and grow 

in the presence or absence of oxygen and yeast also has many advantages over bacterium 

model [7]. Under controlled temperature (~ 25 0C) and in slurry form (controlled pH) yeast 

can be survived for months with a very slow growth rate. 

Yeast model will look at how well biological building blocks survive when directly 

exposed to the radiation, vacuum, velocity and other rigors of space. By looking at how well 

microbes can survive in space we can hopefully correlate it with human. Yeast cell are easy 

to grow, their growth rate can be controlled and they can be preserved at specific life cycle 

will be really helpful traits of yeast model cell line for experiments which can go from days 

to months. Extensive research of last two decades especially provides knowledge of different 

yeast strands those are sensitive to different environmental factors such as temperature, pH, 

osmolarity, etc with their muted (tolerant) counterparts for control experiments which will 

broaden the scope of this research for further development. We intend to study the effect of 

change in gravity on yeast survival by installing yeast health measurement unit inside the 

satellite.   

Electrochemical impedance spectroscopy is a powerful technique to noninvasively detect 

the health of cellular organism in in-vitro conditions. It has been shown earlier that live yeast 

cells in suspension possesses higher impedance than dead cells [8]. We will use our custom 

designed inter-digited cell-on-chip (COC) device to grow yeast cells on top of it. COC will 

be connected with custom-built small potentiostat to measure the impedance parameters. The 



potentiostat will be connected and controlled with computer. The layout of the yeast health 

measurement COC is shown in the following diagram. 

 

Figure 28 - Yeast cell health monitoring set-up. (Note: Image is not to scale). 

Table 18: Power, Weight and Cost Estimate of Payload Sensors 

 
No. Component Power 

(W)  

Quantity Total Weight (gm.) Total Cost  

(USD) 

1 TAMARISK 640 1.2 1 165 Assumed 

$1000 

2 Sony DSC-QX10/B Approx. 1.1 1 165 $200 

3 ADT7420 0.0007 4 Approx. 20 $30.8 

4 Potentiostat 0.1 1 453.6 $79.82 

5 COC - 20 Included in Potent. $150 

 Σ SUM Approx. 2.4 27 803.6 $727.92 

 

 

 

B. EARTH STATION REMOTE DAT ACCESS  

 Data received on the ground station will be processed further. In order to avoid the 

necessity of the physical presence at ground station, final useful data will be made available 

online. Cell phone app will be developed to have instant access over the phone and will be 

made available to public. This will make the easy data sharing. 

 



Design Progress 

A. STRUCTURAL DESIGN 

 

Design Parameters 

Parameter Value Purpose 

Acceleration 147.15 m/𝑠! Launch (14G) 

Mass 12kg 4kg x 3 Sat’s per bank 

Force 117.72 N Rounded up for safety 

Material AL 5052-H32  

Mass 383 Grams  

 

The structural design of our Cubesat structure has been designed in such a way that it 

meets the constraints of a 3U satellite. Our chassis will consist of four separate walls of 

aluminum 6061-T6511 grade that are welded to four external rails. This material has been 

chosen because of its high material properties and ease of welding and machinability. 

Referring to outside resources that show experiments similar to ours also helped us reinforce 

our reason for choosing this material.  Considerations for using the aerospace standard 

aluminum 7075 T-6 material were made but after conducting a cost analysis, it was decided 

that the material vs. cost was more in favor of the aluminum 6061 T-6 grades. 

 When developing our structure, we have to keep in mind that there is a possibility of 

having external forces acting on our system and for that reason four rails have been added to 

absorb these external forces. These rails are specifically created for the forces acting on our 

system including those of the other satellites that we take under assumption to be placed on 

top of our structure. We must make sure that the structural integrity of our proposed system 

will be able to withstand these forces while maintaining a lightweight design so that it does 

not prematurely collapse before deployment from the rocket once in space. Sections of the 

chassis have removed material so as to accommodate a lightweight design. We must keep in 

mind that our entire system including electronics cannot exceed the 4kg limit of weight.  



 When the satellites are stacked within the rocket, they are assembled in stacks of 9U 

high. Since we cannot simulate the components that we are lacking just yet, we will assume 

an extra 3U satellite is going to be stacked on top of our system. This means that we want to 

make an assumption that there will be 3 sets of 3U satellites stacked on top of ours to account 

for our lack of weight for the current static simulation. To determine the force acting on each 

rail we follow the equation as follows:  (mass of 3U satellite) x (force experienced during 

flight)/number of rails. 

For our case it will be a max of 4kg multiplied by the 3 sets of satellites. We take this result 

and multiply it once again by the launch force of 14g to yield a result of 412.02N. 

                                     
Figure 29 - Structural loading. 

 

Using the Solidworks program, we can see below the properties of just the exterior 

portion structure which include but are not limited to mass and volume:  

 



 
It is good to take note that the slots in the rails and the material reduction in the side panels 

played a significant factor in our weight from our previous design, which weighed in at 520g. 

The positioning of each slot was specifically placed so as to not reduce the integrity of the 

overall structure. Below you can see the table highlighting component, price and weight: 

COMPONENT TOTAL MASS (gm.) TOTAL 

COST 

RAIL 110.28 $2.01  

BOTTOM/TOP PLATE 47.74 $0.88  

CHASSIS 142.22 $4.48  

ACCESS PORTS 78.3   

L BRACKET 2.44 $0.96  

TOP PLATE L 

BRACKET 

2.16 $0.96  

STRUCTURAL 

SYSTEM 

383.14 $9.29  

 

To reduce the computing time and simplify the meshing process, several changes have been 

made to the model. A solid block with the corresponding weight of 4kg replaces the internal 



components. Excluding the exterior structure, deployment system and insulation, all other 

components have been modified into one block to match the weight specifications of the 3U 

satellite and then the structural analysis is performed on the simplified model.  

 

            
Figure 30 - Simplified model for simulation. 

 

 



 
Figure 31 - Simulation results. 

This image pertains to the deflection in our structure. The simulation shows that the max 

deflection is at the top of the four rails with a value of 0.05611mm. This value is so small 

that we can treat it as negligible. 

 

B. THERMAL DESIGN 

The components of the PantherSAT operate as desired if within the specified operating 

temperature range. While in operation, the components radiate heat, which in turn increases 

the temperature inside the PantherSAT.  

Exposure to the radiated atmosphere can lead serious infiltration of the radiated heat in to 

the PantherSAT, whereas exfiltration of the thermal energy from the PantherSAT can lead 

malfunctioning of the PantherSAT components during the eclipse. Proper thermal design 



ensures that the PantherSAT will complete the mission as expected on successful launch for 

the designed environmental conditions.  

Therefore, to determine the need for the thermal control, thermal analysis of the 

satellite’s mission is conducted. Based on the environmental conditions of the PantherSAT, 

heat propagation through the PantherSAT structure is simulated by performing thermal 

analysis using Ansys. Thermal requirements of the critical components are enlisted in the 

Table 19, below.  

Table 19: Thermal requirements of Critical Components 

Sub System Component Operating Temperature (°C) 

Tmin Tmax 

Power Lithium-Polymer Batteries 0 +40 

BMU -40 +85 

COMM Beagle Board 0 +85 

ADCS Razor -30 +85 

Sensor Camera -30 +40 

 

The allowable temperature ranges for the PantherSAT and its components are based upon 

the worst case hot and worst case cold temperatures that PantherSAT will experience during 

the mission.  

 

Multi-layer Insulation (MLI) 

 MLI is a series of multiple layers of different materials, which aid in maintaining 

thermal requirements. Each layer of insulation has two important factors in play one is a 

kapton sheet with an aluminum backing, the other is a separating sheet known as scrim which 

prevent the layers of aluminized kapton from rubbing against each other. An MLI blanket 

will typically have a stack of about 10 to 20 layers of these materials. By using MLI it can 

help in maintaining proper temperature control while also protecting all sensitive components 

within the satellite. 



 In order to determine the temperature that the satellite will experience a model was 

made in solid works in order to properly determine the effect of the solar radiation heat flux 

has on the satellite. 

 
Figure 32 - Multilayer insulation covering 3U satellite. 

A thermal study was attempted on the model as seen in Figure 32 which would simulate the 

effectiveness of the MLI on the 3U satellite. With this study we would be able to determine 

whether or not the thickness of the MLI was sufficient enough to protect the internal 

components. Due to the small thicknesses of the materials in the MLI it was determined that 

small scale testing was a much faster and effective means of performing a thermal study. 

 
Figure 33 - MLI and Aluminum frame (small scale). 



 In Figure 33 we have a 0.1mm by 0.3mm cross-sectional area along with all 

corresponding thicknesses. With this, it allowed the use of a smaller mesh size allowing the 

model to take less time in determining the required results. 

 
Figure 34 - Case 1 thermal study of MLI and Aluminum Frame (small scale). 

Figure 34 gives a visual representation of the MLI when exposed to the solar radiation. It can 

be seen that halfway through the MLI the temperature drops and ensures that the frame 

maintains its 20°C internal temperature ensuring that the insulation is protecting the 

components. Another thermal study was performed when the internal temperature of the 

satellite reaches 40°C with the same MLI covering the satellite. 

 
Figure 35 - Case 2 thermal study of MLI and aluminum frame (small scale). 



In Figure 35 it can be seen again the temperature distribution across the MLI and it is 

comparable to the temperature distribution of the first case at 20°C. By taking these values it 

has been determined that 15 layers of the insulating material will be sufficient in maintaining 

the internal temperatures of the satellite. The resulting thickness of the MLI is 3.42mm, 

which will allow it to be placed within the small space of the satellite and protect the internal 

electronics from damage caused by high temperatures. 

 
 

 

 

Verification/Validation plan: 

Thermal performance of the insulation and radiation heat transfer in to the CubeSat will 

be simulated and tested in the vacuum chamber available in one of the lab in MME 

department at FIU. 

Phase Change Material 
The environment in which the satellite is going to be operating, from 800 to 1000 km 

over the Earth’s surface, is quite different from the environment here on Earth. All transfer of 

thermal energy will be due to radiation from and to the satellite, this is because there is no 

substantial atmosphere to conduct thermal energy. Moreover, the environment for a satellite 

will change while in orbit. While the satellite is in orbit, there are several electrical 

components inside. These components produce heat that in turn heats up the satellite form 

the inside. This heat must be dissipated by means of conduction away from these electrical 

components. 

A phase change material consist of a material that can change from a solid to liquid 

phase and from liquid to solid phase which is used as a form of thermal management. Typical 

systems consist of electrical components, which have heat pipes attached to them, which 

contain the phase change material with these pipes [9]. There are many different types of 

phase change material one such material is paraffin wax which has a high solid to liquid 

enthalpy [10]. The PCM will remain as a solid during the phase in which the satellite is in the 

shadow of the earth while remaining at cool temperature [10]. This cool temperature will 

then cool the components during the phase in which the satellite is exposed to the solar 



radiation. The PCM will eventually turn from a cool solid state to a liquid state, which will 

result in the PCM to be heated. This will provide the necessary thermal requirements to keep 

the electronics at a required temperature during the phase in which the satellite is in the 

shadow of the earth. This PCM will mostly be used in the section of the 3U satellite, which 

houses the electronics, avionics, as well as possibly in the area of the camera being used. 

Implementation will be based design requirements as well as space available. An exact cost 

analysis will need to be done after all considerations for thermal management and design are 

completed. 

Paraffin Wax was chosen as the phase change material. Paraffin has a melting 

temperature of 64 degrees Celsius; it has a density of 790 and 916 kg/m3 when liquid and 

solid respectively. It was determined that a total volume of .000109 m3 of PCM material is 

required in order to transfer the heat away from the electrical components so that they can 

operate at +20 Celsius.   

 

Table 20: Power, Weight and Cost Estimate of Thermal System 

 
No. Component Total Weight (gm.) Total Cost  

(USD) 

1 MLI 108.62 Assumed 

$75.36 

2 PCM 100 Approx. $2 

 Σ SUM 208.62 $77.36 

 

 

 

 

 

 

 

  



Plan for the Flight Model Development 
Timing schedule for the major tasks for the flight model development is as shown in the 

Table 21: Timing schedule, below. 

 

Table 21: Timing schedule 

 
 

 

Budget required: 

Total budget required for the PantherSAT to accomplish the desired mission, is enlisted in 

the Table below. 

 

No. Component / System Total Cost 

(USD) 

1 POWER SYSTEM $6099.8 

2 ADCS $651.91 

3 COMM SYS $1726 

4 HOST CONTROLLER $829.95 

5 PAYLOAD DESIGN $727.92 

6 SOLAR SAIL SYSTEM $727.92 

7 STRUCTURAL 

SYSTEM 

$9.29 

8 THERMAL SYSTEM $77.36 

 Σ SUM $10850.15 

 Overhead Cost 25% 

 Total  $13562.69 

Design	  Phase May-‐14 Jun-‐14 Jul-‐14 Aug-‐14 Sep-‐14 Oct-‐14 Nov-‐14 Dec-‐14 Jan-‐15 Feb-‐15 Mar-‐15 Apr-‐15
Communications	  Testing
Thermal	  Theoretical	  Finalized
Thermal	  Lab	  Testing
Structure	  Construction
Structural	  Testing
Configuring	  Components
Funding	  Generation



 

Funding plan and Sponsors: 

PantherSAT team already started contacting different potential organizations for mutual 

benefits. As up to the date, PantherSAT has contacted NHC, Miami branch, SAMSUNG 

Mobile and in follow up with them. PantherSAT has short list of potential sponsors and will 

be contacting them. At the same time PantherSAT team will keep looking for more sponsors. 

Timing schedule for the major tasks for the flight model development is as shown in the 

Table 21: Timing schedule, below 
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Appendix A: Power Subsystem Calculations 

 

- Generation (Solar Cell) and Storage System (Battery) 

- Distribution and Control System (Power management Unit) 

Availability: 

Radiant Flux available At the Earth’s orbit: 1366 W/m2. 

Generation: 

29.5% efficient rated at BOL; NeXt Triple Junction (XTJ) Solar cells for 

space application from Spectrolab generates approx. 135 mW/cm2. However 

the net power available from each CIC is 1W at 2.3V. 

 

Total external surface area of satellite 1400 cm2. 

Effective external surface area (excluding Top and Bottom for chassis 

assembly and flanges) of satellite 1200 cm2. 

 

Four standard 26.62 cm2 cells on one surface. 

Total Solar cells area = 5 X 4 X 29.85 = 597 cm2. 

 

Energy generated per face = 1 X 5 = 5 W 

 

Weight of each bare cell in 84 mg/cm2. Therefore total weight of each cell is 

assume nearly 0.1 gm./cm2 

Weight of one solar cell = 0.1 X 29.85 = 2.985 grams. 

Total weight of solar cells = 20 X 2.985 = 59.7 grams. 

Assumed total weight for the calculations is 100 gms. 

 

 

Required: 

Energy required for the satellite = Energy for ADCS 

+ Energy for Temp Sensor 

+ Energy for Payload Sensor 



+ Energy for Communication System 

+ Energy for OBC (On Board Computer) 

+ Energy Miscellaneous at this point 

 

Energy for ADCS (Peak / Max) 

= Power Required by 9DOF Razor IMU board 

= Power Required by ITG-3200 - gyroscope 

+ Power Required by ADXL345 - accelerometer 

+ Power Required by HMC5883L – magnetometer 

 

= (3.6V X 0.0065A) + (3.6V X 0.00004A) + (3.6V X 0.0001A ) 

= 0.023904 W 

 

Energy for Temp Sensor (Peak / Max) 

= Power Required by LM335 board 

= 5V X 0.005A 

= 0.025 W 

 

Energy for Communication System (Peak / Max) 

=Energy for OBC (Peak / Max) 

= Power Required by Beagle board 

= 5V X 0.5A 

= 2.5 W 

 

Energy for Payload Sensor Assumed (Peak / Max) 

= Power Required by IR Camera + Power Required by Camera + Power 

Required by Cell Phone Samsung S5 

= 1.2 W + 1.1 W + 2.5 W 

= 4.8 W 

 

Energy Miscellaneous at this point = 2.5 W 



 

Energy required for the satellite = 0.023904 + 0.025 + 2.5 + 4.8 + 2.5 

= 9.85 W 

 

Total Energy required for the satellite = FOS X Energy required for the 

satellite 

= 1.25 X 9.85 

= 12.31 W 

 

Storage: (https://www.sparkfun.com/products/8484) 

  Lithium Polymer battery pack of 6Ah @ 3.7V with 19X54X60 mm dimensions and 

110 grams of weight, each. 

Storage capacity = 6 Ah X 3.7V = 22.2 W-h 

Peak output per cell = 1A (Rated) X 7.4V (Peak) = 7.4 W 

Nominal output per cell = 1A (Rated) X 3.7V (Nominal) = 3.7W 

 

 

Distribution and Control: (https://www.sparkfun.com/products/11231) 

 

 

 

 

 

 

 

 

 

 

 

 



Appendix B: Alternative sensors considered in the PantherSAT design 

 

HMC 5843 magnetometer: 

The Honeywell HMC5843 is a surface mount multi-chip module designed for low field 

magnetic sensing with a digital interface for applications such as low cost compassing and 

magnetometry. 

 

Features 

• 3-Axis Magnetoresistive Sensors and ASIC in a Single Package 

• Low Cost 

• 4.0 x 4.0 x 1.3mm Low Height Profile LCC Surface Mount Package 

• Low Voltage Operations (2.5 to 3.3V) 

• Built-In Strap Drive Circuits 

• I2C Digital Interface 

• Lead Free Package Construction 

• Wide Magnetic Field Range (+/-6 Oe) 

• Available in Tape & Reel Packaging 

 

HMC 2003 magnetometer: 

The Honeywell HMC2003 is a high sensitivity, three-axis magnetic sensor hybrid assembly 

used to measure low magnetic field strengths. Honeywell’s most sensitive magneto-resistive 

sensors (HMC1001 and HMC1002) are utilized to provide the reliability and precision of this 

magnetometer design. The HMC2003 interface is all analog with critical nodes brought out 

to the pin interfaces for maximum user flexibility. 



  
Features: 

• 20-pin Wide DIP Footprint (1” by 0.75”) 

• Precision 3-axis Capability 

• Factory Calibrated Analog Outputs 

• 40 micro-gauss to 2 gauss Dynamic Range 

• Analog Output at 1 Volt/gauss (2.5V @ 0 gauss) 

• Onboard +2.5 Volt Reference 

• +6 to +15 Volt DC Single Supply Operation 

• Very Low Magnetic Material Content 

• -40° to 85°C Operating Temperature Range 

 

LY530ALH Gyroscope 

 

The LY530ALH is a low-power single-axis micromachined gyroscope capable of measuring 

angular rate along yaw axis. A CMOS IC provides the measured angular rate to the external 

world through an analog output voltage, allowing high level of integration and production 

trimming to better match sensing element characteristics. 

Features: 



• 2.7 V to 3.6 V single-supply operation 

• Wide operating temperature range (-40 °C to +85 °C) 

• High stability over temperature 

• Analog absolute angular-rate output 

• Two separate outputs (1x and 4x amplified) 

• Integrated low-pass filters 

• Low power consumption 

• Embedded power-down 

• Embedded self-test 

• High shock and vibration survivability 

 

 

 

Design	  Phase Jan-‐14 Feb-‐14 Mar-‐14 Apr-‐14 May-‐14 Jun-‐14 Jul-‐14 Aug-‐14 Sep-‐14 Oct-‐14 Nov-‐14 Dec-‐14 Jan-‐15 Feb-‐15 Mar-‐15 Apr-‐15
Structural	  Analysis	  Finalized
Developing	  Testing	  Parameters
Component	  Selection	  Finalized
Communications	  Testing
Thermal	  Theoretical	  Finalized
Thermal	  Lab	  Testing
Structure	  Construction
Structural	  Testing
Configuring	  Components
Funding	  Generation


